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RESEARCH MEMORANDUM

WIND-TUNNEL DATA ON THE LONGITUDINAL AND LATERAT~
DIRECTIONAL ROTARY DERTIVATIVES OF A STRAIGHT-
WING, RESEARCH ATRPLANE CONFIGURATION AT
MACH NUMBERS FROM 2.5 TO 3.5

By Benjamin H. Beam and Kenneth C. Endicott
SUMMARY

Results of wind~tunnel oscillation tests to measure the rotaxry
derivatives of a research alirplane confi ation at g onic gpeeds are
presented. [The wing of the model airplane was swept back 36.75° at the i
leading ed.ge end had a taper ratio of 0.2 and an aspect ratio of 2.5.

The area of the vertical tall was symmetrically disposed above and below
the fuselage. Tests were conducted. at Mash-mumbers-of=2.5, 3.0, and 3.5

at a constant R 1,500,000 ba.sed. on the wing mean aero-
dynamic chord and at ang;Les—-e tta;ek from -8° to +14°. Measurements

were made of the damping in yaw, pltch, and roll, the static longitudinal
and directional stabllity derivatives, the effec‘bive-d:lhedral derivative,
the rolling moment due to yawlng, and the yawing moment due to rolling. _
The measgured derlivatives are compared with estimated values based on the
linearized theory of supersonle flow. i

The configuration wes found to be statlcally stable throughout the
Mach number range, although its stabllity was becoming marginal at high
angles of attack at a Mach number of 3.5. The damping in yaw and pitch
were found to be higher than anticipated and 1t appeared that at the
higher Mach numbers the demping contribubtion of the fuselage may be &
very significant part of the total damping.

LM 1, TS
MAR 25 1958

An anslysls of the dynamic motlons of an airplane is of fundemental
importance in modern slrplene design. A necessary part of the calculstion
of representative airplane d.:ynamics is & reasonsbly saccurate knowledge of
ber of theoretlcal reports have been
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published which present filirst-order values of the rotary derlvatives for
various conflgurations based on the linearlized theory of supersonic flow.
References 1 and 2 are representative examples. The applicabllity of
these methods depends to a large extent on the proper combination of the
effects of the separate components of the airplane, such as the wing, the
fuselage, and the tail surfaces, with due regard for the Influence of one
component on another. Although the proper combination of these effects
has been the subject of research at lower Mach numbers, very little exper-
Imental data on the rotary derivatives exist for Mach numbers from 2.5
to 3.5. It 1s, therefore, of interest to compare values of the rotary
derlvatives obtained from conventionsl methods of estimatlion which have
been found applicable at lower speeds with measured dsta at the higher
supersonic Mach numbers.

This report presents experimentsl values of stabllity derivatives
from wind-tunnel osclllation tests of a model of s research alrplane con-
figuration and comparisons with values estimated from theory for Mach
numbers of 2.5, 3.0, and 3.5 at angles of attack from -8° to +14°. Some
additional data are presented for the baslc configuration with the verti-
cal tall surfaces removed to show the separate effects of the vertical
tall. The derivatives are referred to a body system of axes and include
the demping in pitch derivative ( + Om&), the statlc longltudinsel

stability derivative (qma), the damping in roll derivative (CL‘P + Czésin a),
the rolling moment due to yawing derivative (Cz - Cj.cos a), the rolling
moment due to sldeslip derivetive (CZ }, the damping n yaw derivative

(Cn - Cnécos a), the yawing moment due to rolling derivative

(CnP + CnBsin a), and the static directional stability derivative (Cnﬁ)'

DEFINITIONS AND SYMBOLS

Forces, moments, and deflectlons are referred to a body system of
axes defined 1n Fflgure 1. The various stabllity derivatlves are defined
as follows:

acr,
Cla o
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Cyg
Cip

Copn

dCy
aCy
d(pb/2v)
aCZ
o(rb /2V)
aCz
3B
aCy
3(Bb/2v)
_.E—c.n'—
3(pb/2v)
oCy
A(rb/2V)
ACn
)

SCn
3(Bv/2v)

The following additionsl symbols are used in the report:

'b2
aspect ratlo, —

g
N/YRY
wing span
11ft coefficient, ——rit
T
5 oV8y

rolling moment

Z oVesyb

rolling-moment coefflecient,
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pltching-moment coefficient, pltching_m:ment

3 oV3sySy

yaving-moment coefficient, XB?%HE moment
5 pVESybd

side force
L ve
5 PV Sy,

b/2
Jr c3dy
o

two-dimensional lift-curve slope

slde-force coefflcient,

local chord

mean aerodynamic chord,

wmjro

chordwise distance of* the center of 1ift of the taill behind the
moment reference

Mach number

rolling velocity
body volume

pitching velocity
yewing velocity

aree

base area of fuselage
velocity

chordwlse distance of. the aerodynamic center of the wing behind
the moment reference

distance of the base of.the Pfuselage behind the moment reference
spanwise coordinate

spanwise distance ?f the mean aerodynamic chord from the plane of
b/2 :

2
symmetyry, 3 U[‘ cy 4y

(o]
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by North American Aviation, Inc.
ing some of the important dimensions is presented in flgure 2.
detailed dimensional characteristics are presented in table I.
of the model mounted on the oseillation apparstus in the wind tunnel are

distance of the serodynamic center of the vertical tall above the

fuselage reference line

angle of attack, radians except where noted

angle of sideslip, radiens except where noted

angle of geometric dihedral., deg

horizontal-tail incidence angle, positive deflection indicated in

figure 1
angle of downwash
air density
angle of sidewash
tail efficlency factor
sweepback angle of lesding edge

taper ratio of wing

Subscripts
fuselage
horizontal tail
vertical tail
wing
MODEL

The mcdel used for this investigstion was & 0.09-scale reproduction
of an early configuration of the X-15 research alrplene, and was supplied
A three-view drawing of the model show-

shown in the photograph, figure 3.

Two views
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The horlzontal stabilizer was adJustable in 10 increments of
incidence angle from +5° to -25° as required to reduce the static pitch-
Ing moments to an acceptable level as explained In the section on Tests.
For some of the tests reported herein, the top and bottom vertical talls
were removed and replaced with falrings set flush with the fuselage.

The requirements of high strength and light welght necessary in
models used for this type of testing were met using plastlic laminated
glass cloth for the fuselage shell and masgnesium for the aerodynamic
surfaces. An lnner sleeve which mated to the osclllsation mechenism and
to which the fuselage snd serodynamic surfeces were attached was also
mede of magnesium, The total weight of the model was 15 pounds.

APPARATUS

Tests were conducted in the 8- by T-foot supersonic test section of
the Amesg Unitary Plan wind tunnel., This wind tummel 1s capsble of con-
tinuous verigtlon of Mach number from 2.5 to 3.5 and of stagnetion pres-
sure from 2_to 28 pounds per square inch gbsolute. A more detailed
description of the wind tunnel may be found in reference 3.

The osclllatlion . test spparatus described in reference 4 was used
for the tests reported herein. This apparatus consists of two dynamic
belances with supplementsry electronic equipment for establishing a
steady-state forced osclllation of the model and for measuring the desired
moments and deflectlons within the balance for evaluation of the stability
derivatives. The model osclllation was of a single degree of freedom with
an smplitude between #1° and #2°. One balance was used to measure the
pltching and yawilng derivatives. The other balance was used for the
rolling derivatives. Deflection galvanometers indicated vlisuelly the
steady-state values of osclllation amplitude, input torque required to
meintain the oscillation, and, for the yaw tests, the rolling moment due
to yawing veloclty. The oscillation freguency varied from & to 8 cycles
per second, depending on the naturel osclllatlon frequency of the model
on the crossed-flexure spring support within the balance, and was indi-
cated visually on an electronic counter. Addltlionsl description of the
detalls of the technique can be found in reference L.

TESTS

Tests were made at Mach numbers of 2.5, 3.0, and 3.5 through a range
of angles of sttack from.-8° to +14°., The Reynolds number for the tests
was 1.5 million referred to the mean aerodynamic chord of the wing. The
design of the oscillation spparatus was such that 1t was necessary to
1imit- static pitching moments to approximstely +200 inch-pounds for the
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damping in pitch tests, and £800 inch-pounds for the lateral-directional
derivative tests. The horizontal stebilizer on the model was used as a
trimming device to maintain the static pitching moments within these
limits.  Three positions of the stabilizer were required for the damping
in pitch tests to cover the range of angles of atbtack, but one position
sufficed for the lateral-directional derivative tests.

ACCURACY AND CORRECTIONS TO DATA

Corrections to the measured values of the dempling derivatives due
to internal damping of the model and oscillation mechanism were deter-
mined from measurements of the damping at zero airspeed with the wind
tunnel evacugted immediately prior to each set of test runs on a partic-
ular configuration. Application of these corrections changed the meas-
ured values of CZ’P and. Cp, by an increment of approximately 0.1k,

and Cmg + Cmg by 1.0.

A source of random error in the data was Introduced by the accuracy
with which the indicsted wvalues could be read on the deflection galvanom~
eters. Other errors were estlmated to be negligible compared with the
scatter in the galvenometer readings due to wind-tunnel turbulence and
rendom aserodynamic effects. The rendom error in each of the elght meas-
ured stebility derivatives is indicated by the scabtter in the experimental
data for the respective derivatives presented in the results.

RESULITS AND DISCUSSION

The results of this investigation are presented in figures L
through 15. The calculated values of the stability derivatives, pre-
sented on the figures for comparison, are based on linearized supersonic
flow theory taken from & number of sources. In adding together the
contributions of the separate parts of the alrplane, it has been neces-
sary to meke spproximations which, in the absence of statlic-force data,
cannot be critically examined. It has been assumed in csleculsting the
theoretical values of the derivatives that the effective area of the
1ifting surface was that obtained by projecting the leading and tralling
edges to the center of the fuselage. The chenge in downwash and sidewash
at the tail due to the presence of the wing and fuselage wes assumed to
be zero for this configuration, and the dynamic pressure acting on the
tall surfaces was assumed to be the free-stream value.

It is known, of course, that the gbove assumptions are not justified

in many cases. However, the methods of correcting the theoretical values
to account for these effects are not so clear. The most expeditious and

’-
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conslstent menner of presenting the comparisons between theory and
experiment appears to be through the use of the sbove assumptions. The
particular equations used in calculeting the derivatives sre presented

in the appendix, and can be modified to include the effects of assumptions
different from those described above.

The Longitudingl Derivatives

Static longltudinal stability derivative, Cp,.- It 1s apparent from

figure 4 that the static longitudinal stability varied quite markedly
with angle of attack. Although the basic conflgurastion was statically
stable in thils range of Mach numbers, there was evidence of a decrease
in stability at angles of attack from 8° to 10°. This would be expected
to become more troublesome if the Mach number were Ilncreased since the
stebllizing wing and tail contribution would decrease while the destabi~
lizing fuselage contribution would remain relstively constant. Thus,
Increasing Mach number resulted in less negative wvalues of Cm, as
illustrated in figure 6, and at an angle of attack of 10° Cm, Was
becoming merginsl at the higher Msch nuwbers.

The estimated values of Cp, Wwhich have been placed in figure 4
are considerably more negative than those of the experimental data. It
1s nelther surprising nor disturbing that this is so, however, as the
lack of satisfactory purely theoretical methods of estimeting Cp, has
resulted 1n grest reliance on wind-tunnel static force data to obtain
this derivative. If g smaller effective tall area (such as the exposed
horizontal-tail area) had been used, or if a value of de/do. of about 0.5
had been assumed, considersbly better agreement with experiment would have
been obtalned at low angles of attack. Although some modification of the
assumed values of tall area and downwash 1s Indicated, 1t is alsc likely
that the extended side fairings along the fuselage play an important role
which has not been considered in the estimates. By use of the approximate
methods of estimation Indicated in the appendix, and in the absence of
static force data to define more clearly the contributions of the sepa-
rate components, the difference between theory and experiment indicated
in figure 4 would seem to be representative of the accuracy to be
expected in estimating Cpy, for this configuration.

Damping In pitch derlvative, qu + Cmg -~ The experimental values of

demping in pitch derivative were negative (indicating stebility) and
varied little with angle of attack in the range at which tests were con-
ducted (fig. 5). The variations in damping with horizontal stabilizer
angle do not appear to be large and are within the experimentsl scatter.
One surprising result is that the magnitude of the demping in pitch

.
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derivative appeared to be increasing with Mach number at & Mach number
of 3.5, whereas the theory indicates & reduction in magnitude with
increasing Mach number.

Estimation of the effects of the horizontal tall on damping in pitch
is subJject to the same uncertainty as noted previously in connection
with Cpy. It 1s worthwhile to note that a reduction in effective tail
area, which would have improved the agreement between theory and experi-
ment in the case of Cm, would result in poorer agreement in the case

of Cmq + Cpg. The effect of wing downwash on the horizontel teil can

be examined to some extent by consldering the effect of variatlons in
assumed values of de/do in computing both Cp, and Cng + Cmg- The
assumption of a positive value of de/do. at zero angle of attack would
result in better agreement in both cases. In accounting for the decrease
in Gma at the higher angles of attack (fig. L) » however, the assumption
of an increasing de/do with increasing angle of attack is required.
This assumption would result in similarly lerge Increased values of

+ Cmm at the higher angles of attack which is not borne out by the

experimental da.j:{a.\ (fig. 5) at least for Mach numbers of 3.0 and 3.5.

The fact that the damping in pitch did not decrease with increasing Mach
nunber suggests. that perhaps the effects of the fuselage or of the
extended fuselage side fairings may be more Important than estimstes
indicate. Some dats supporting this latter view will be discussed later
in connectlon with the damping in yaw characteristiles.

The Sideslip Derlvatives

Static directional stabllity derilvative, CnB.- The messured values

of Cn‘3 for the basic airplane configuratlion and for the vertical-tail-

off configurstion are presented in figure 7. The comparisons with esti-
meted values show that at zero 1ift the directional stebility of the
alrplane with the vertical tall removed can be estimated Ffairly accu-
rately. One noteworthy point with respect to the vertlcel-tall-off datsa
1s that at the higher angles of attack the directlonel stability improved
with increasing Mach number. For example, &t a Mach number of 2.5 Cnﬁ

with the tall off became progressively more negative with Increasing
angle of attack, but &t a Mach number of 3.5 an wilth the tall off was

more nearly constant with angle of attack.

The tail comtribution, obtained as the difference In Cp, between

the basic configuration and the vertical-tall-off configuration, was
about 80 percent of the estlimated tall contributlion at zero engle of
sttack. The measured tall contribution, evaluated as the difference
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between the basic and tall-off configuretions, was approximately constant
with veriatlions in angle of attack for Mach numbers of 2.5 and 3.0. At

8 Mach number of 3.5, however, the tall contribution at the higher angles
of attack was reduced, presimably because of Interference from the fuselage
and wing flow field on the upper vertical tall (ref. 5).

The veriation of Cn for the baslc configurstion with Mach number
end angle of attack was such that at 10° angle of attack the static direc-
tional stebllity was becoming marginal for Mach numbers greater than 3.5
(fig. 9). In fact, if the trend shown in figure 9 for 10° angle of attack
were contlnued at the higher Mach numbers, the directional stabllity would
have become zero &t a Mach number of approximately L.

Effective dlhedral derivative, CZB.-— At zero angle of attack CZB

for the basic conflguration was positive at all Mach numbers as shown in
figure 8. In the estimatlions this is accounted for solely by the effect
of negative geometric dihedral in the horizontsel tail. The wing had no
geometric dlhedral and the vertical-tsll area was symmetrically disposed
above and below the fuselage reference asxis. The contribution of the
wing to CZB wes determined to be negliglible on the basis of separate
calculations for the effect of leading-edge sweep, tip effect, and
trailing-edge sweep as indicated in the gppendix. On the basisg of these
simplified calculations, CZB for the vertical-tall-off conflguration
should not have varled with angle of attack. In figure 8 it is shown
that C3 became more negative wlith increaslng asngle of attack for the
vertical-tail-off configuration, and this may have been due to interfer-
ence from the fuselage and a resultant loss of 11ift on the trailing wing
during sideslip. The reason for the change in vertical-tall comtributlon
to €3, with angle of attack was probably a reduction in effectiveness
of the upper vertical tall gt positive angles of attack, and the lower
vertical tail at negative angles of attack.

The Yawing Derlvatlves

Damping in yaw derivatives, Cn, - Cnécos e~ The damping in yaw is

seen from figure 10 to have been stabilizing (negative value of the deriv-
ative) and approximstely constant with angle of attack in the range of
Mach numbers at which tests were conducted. The comparison between the
estimated and measured values of Cnr - Cpgcos oo is also of considerable
Interest. The agreement between the estlmated and measured values for
the basic configuration 1s falrly good. ‘However, the estimated relatlve
contributions of the vertical tall and the wing-body horizontal tall are
consliderably different from the incrementel values obtained from the
experimental results.

e
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The estimated values of the tail contributlion can be made to agree
more nearly with the experimentsl results 1f a smaller effective tail
area is asgumed. A comparison of the data in figure 10 with that in fig-
ure 7 indicates that in the estimation of both the static directlonal sta-
bility and the damping in yaw, the tail hes been assumed to be more
effective than the experimental date would indicate. The assumption that
only the exposed tall srea was effective 1n producing damping in yaw would
reduce the tail contribution to about 60 percent of the estimsted values
indicated in figure 10, and would then agree falrly well with the
experimentel values of tall contribution.

No such explanation 1s possible in the case of the data for the
vertical-tail-off conflguration shown in flgure 10. Slnce the contribu-
tion of the wing and horizontal tail can be assumed negligible, the
estimated values shown are for the body alone, the side falrings along
the fuselage being neglected. It appears that the demping of the
vertical-tail-off configuration was 2-1/2 to 3 times the estlimated value
and comprised over 60 percent of the total damping in yaw at e Mach num-
ber of 3.5. This contribution varied only slightly with Mach number,
Increasing with increasing Mach number in the range over which tests were
conducted (fig. 12).

Rolling moment due to yewing derivative, Cz, - Czécos &.- The

rolling moment due to yawing is shown In figure 11 to have been nearly
zero for all Mach numbers within the accuracy of experimental measure-
ment. Theory indicates a slightly negetlve value of this derivative due
to cathedral in the horizontal tall.

The Rolling Derivatlves

Damping in roll derivative, CZP + Czésin &.=- The damping in roll of

this configuration was steble (negative values of the derivative) at all
Mech numbers and angles of sttack within the range over which tests were
conducted (fig. 13). Estimsted values from reference 6 agree well with
the experimental data for most conditions. The reason for the differ-
ences shown between theory snd experiment at a Mach number of 3 and for
angles of attack sbove 8° is not known; the same trend is not apparent
in the data for Mach numbers of 2.5 and 3.5.. The dats confirm the
expected slight decrease in dgmping In roll with increasing Mach number
in the range over which tests were conducted (fig. 15).

Yawing moment due to rolling derivetive, Cnp + cnésin .- Values

of Cp, + Chasin o obtained experimentally were found to be predominsntly
negative (fig. 14). Theory indicates a slightly negative value of this
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derivative due to the cathedral in the horizontal tall. The experimental
scatter, indicated in the data of figure 1k, 1s greater than the differ-
ences between theory end experiment.

SUMMARY OF RESULTS

Results of wind-tunnel oscillation tests on a model of a straight-~
wing, research slrplane conflgurstion In & range of Mach numbers from 2.5
to 3.5 indicate the following:

1. The medel was statically stable longltudinally and directionally
through the range of Mach numbers at which tests were conducted. However,
both longitudinal and directlonal stability were becoming marginsl with
increasing Mach number at an angle of atta.ck of lO and a Mach number

of 3.5.

2. The rolling moment due to sldeslip wae slightly poslitive at
Zero angle of attack but became negative at angles of attack from 6°
to 10°.

3. The measured valves of damping in pilitch were somewhat higher than
values egtimated by methods gpplicable at lower Mach numbers.

k, Measured values of dsmping in yaw were higher than estimsted.
The damping in yaw with the vertical tail removed was approximately
three times the estimated value, and was & very significant part of the
total damplng, particulsrly at the higher Mach numbers.

5. The damping in roll, yawing moment due to rolling, and rolling
moment due to yawlng were 1n agreement with estimated values within {the

accuracy of mesgurement,

Ames Aeronautlcal Laboratory
National Advisory Committee for Aeronsgutics
Moffett Field, Calif., Jan. 14, 1958
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APPENDTX

STABILITY DERIVATIVE ESTIMATES

The equations used and the assumptions made to obtain the calculated
values of the stebility derivatives shown in Figures 4 through 15 are
summarized below. All calculations were made for the body system of axes
defined in Pigure 1. In the following equations it 1s assumed that the
separate effects of the fuselage, wing, horizontel tail, and vertical
taill can be superimposed. Where possible, references have been included
for the specific equations which more completely define or Justify the
applicabllity of the equations,

Statlc Longitudinal Stability Derivative, Cp,

() () (o),

(), () e

The sbove equation neglects the effects of the side fairings along the
fuselage, and viscous crossflow at angle of ettack.

() o -5 )2

In equation (3) it 1s assumed that the 1ift of the wing is that given by
the linear theory (refs. 8 and 9), and that the 1ift acts at the mid-
point of the wing mean aesrodynamic chord.

(o), = - E (), m (-5 --2Z4(-30) ®

In equation (4) the same assumptions are made as in equation (3). In
addition, 1t is assumed that de/de = O behind the wing (ref. 9), even
though a part of the induced downwash inside the wing tip Mach cone
impinges on the horizontal tail; g has been assumed equel to 1.
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Damping In Pitch Derivative, Cmq_ + Cmg

Cmq+cm&=<°mq+cm¢>F+<Cmq+Gm¢>w+<Cmq+cm¢>H (5)

- (refs. 10 and 11) (6)

(ong + 5,

In equation (6) the effects of the extended fuselage side fairings are
neglected as in equation (2).

(ong # me), = - B+ 25 (2 - 25

Eé 8+LB2 l;)( ) (1-%)(%)2 (ref. 2) (7)

2+B=2

2

In equation (7) it is assumed that the damping in pitch of the wing is
that given by the linear theory for a rectangular wing having the same
aspect ratio.

2 <C-'—W> C1, ; g1+ = (ref. 12, pp. 393-394)

SOERQES

which employs the same assumptions as in equation (L).

(fmg + o),
(8)

Static Directional Stabllity Derivative, an

oo = (eeg), + (o), o
<an> Q“beb>

where

as in equation (2).



NACA RM AS8A1L il 15

(),

- <CYB> el + Eﬁ (ref. 12, p. 32k) (10)

|
oy
218
i) -=
3
b

The assumptions employed in equation (10) are similar to those in equa-
tion (4).

Effective Dihedral Derlvative, GZB

Cyg = (CZEDW + (CZB>H + <CZB>V (11)

<C7'B> =0 from an enalysis of the results of calculetions made Ffor

W related plan forme (refs. 1 and 2) » although the hexagonsl
plan form of the wing of this report is not specifically
congidered

B o

Bquation (12) was obtained from a spesnwise integration of the rolling
moments Induced by sildeslip on the horizontal tail. With the assumptlon

that (CZCL)H = 4/B
ORRICICERS

<CIBV' (CYB> Ty l+-—- (13)
__E_E.;_.s;%<l =) =0

since Zy = 0. Equation (13) follows from equation (10).

Damping in Yaw Derdvative, Gﬂr - Cnécos a
Cn, - Cn_BCOS o = <Cnr - Cné) + (Cnr - Cné> (1k)
F v
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Equation (14) follows from equation (5) by assuming small o for which
cos ao® 1. The contributlon of the wing was calculated to be negligible
(refs. 1 and 2).

(oa, - Cné>F - l‘sbxbz ~ (crom eq. (6)) (15)
(5o - mg), -2 (3 )(%) w (- ) o

43 1
2(?) = 1'@)

The assumptlons in equation (16) are the same as those in equation (10),
and the derivation follows that of equation (8).

Rolling Moment Due to Yawing Derivative, Czr - Czécos o
CZI‘ - CZBCOS a6 = (cll‘ - Czé)w + <C ZI‘ - CZB>V + <CZI' - CZB)H (17)
<C Ip - Czé>wz <Czr>wz o] (refs. 1 and 2) (18)
W\ 2y ' dg
R OIGICIRICE a9

=0

since Zy = 0. Equation (19) follows from equation (16).

Cum o) ()2 (), D@ @ r @

BEquation (20) was 6bta.ined from & spanwise integraftlion of the rolling
moments induced by yawing veloclty on chordwlse strip elements of the
horizontal tail. With the assumption that (c_za')H = 4/B, equation (20)

becomes
o), SR @)
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Damping in Roll Derivative, C?.P + Czésin a

ORI IO

CIP(B:AW’AW:NJ) (22)

CzP + Czésin. o

(er),

where CLP(B sByp, My, Ny) 1s obtained from the formulas or charts of refer-

ence 6 for the appropriate Mach number, aspect ratio, leading-edge sweep,
and teaper ratio.

EHOEE =)
(e lp)v GRS (21

Yewtng Noment Dus 4o Rolling Derivative, Ga + Cogein o
o + Cagotn @ = (6ng) + (ong) + (dop), (25)

Equation (24) employs the same assumptions as equation (21).

<cnp>w = 0 (refs. 1 end 2) (26)

o @), e

since Zy = 0.

ORI 1 PR
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Equstion (28) is obtained from & spanwise integration of the yawing
moments Induced by rolling veloclty on chordwise strip elements of the
horizontal tall. With the assumption that (c o)y = L/B,

SRR
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TABLE I.- GEOMETRIC CHARACTERISTICS OF MODEL
Wing (chord plane on body center line) Exposed Total
Aspect ratio, e o 8 v s s 8 v s s s a4 e 2« o o 2.150 2.500
Taper I‘a‘tio, KW . * e . - . - - - - . . - . e 0.271 00200
Leading-edge sweep angle, Ay, d.eg c s e e e e w . 36.75
Dihedral angle, d€Z .« « « o « o s « ¢« « » o« o o @ o)
Incidence angle, deg . . . e o s s e a s ® o o o 0]
Twist, deg « . . « « ¢« « & * e e e o o o o o o o o

Airfoil section . . . .
Thickness ratioc, percent .
Area, Sy, sq ft . . . . . .
Span, bw, ft Ll - . - . . . -
Mean aerodynsmic chord, £t .

Horizontal tail
Aspect ratio, Ag -« « « ¢« ¢« & . . &
Taper ratio, Ag « « « ¢ « « « . .
Leading-edge sweep angle, Ag, deg
Dihedral angle, deg . . . .
Incidence angle, B, deg . .
Twist, deg€ « « +» ¢« o o « o &
Airfoil sectiom . . . . . .

. . - L]
* » s x

Thickness ratio, percent . . .
Area, Sg, 8¢ £ . . . . . . .
Span, bg, £f£ . . . « ¢ . o .
Mean aerodynamic chord, Cg « o
Length (0.25 &y to 0.50 055 ZE, £t
Spanwise locetion of EH {from plane
¥, . . . . . . . « o o e
Height (Gg below w:Lng chord plane)

of symetry)

.
.
-
-
3

Vertical ta.il (symmetrical about wing chord pla.ne)

Aspect ratlo, Ay . ¢« « . . . .
Teper ratio, Ay « « « « « « &
Leading-edge sweep angle, deg
Alrfoil section . &« ¢« ¢ o« o «
Thickness ratlio, percent . .
Area, Sy « ¢« ¢« ¢ ¢« o ¢ o o .
Span, By « « o ¢ s ¢ ¢ o o
Mean aerodynemlc chord, £t .
Length (0.25 Sy to 0.50 &),

o

V2

. L] L] L] L[] L] L ] L] L[]

« 2 a a2 ° # * a @

L] L] L] . L]

NACA 66005 (modified)

NACA 66005 (modified)
l-percent blunt trailing edge

.
.
.
.
2
.

l-percent blunt tralling edge

9]
0.851 1.620
1.352 2.01
0.698 0.924
2.39 2.92
0.299 0.206
50.58
=150

=45 to +15

0

5

0.103 0.898
0.982 1.620
0. hlhy 0.635
1.398 1.234
0.318

-0.028 -0.030
1.11 1.298
0.778 0.696
28.9

11.5° double wedge
11.1

0.647 1.069
0.84k 1.178
0.857 0.915
1.20 1.23
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TABLE I.- GEOMETRIC CHARACTERISTICS OF MODEL - Concluded -

Extended fuselage Extended fuselage
slde fairings gide fairings -
Fuselage : Lo P ‘not included included
Filneness ratio ¢ o« o ¢ o « o o o ' 10.5 g.4
Tength, £t o o % e o ¢ & o « o k.25 4, ho
Volume, cu £ . + ¢ ¢ ¢ o ¢ o 0.525 0.625
Base aréa, s8¢ 5 . « e o ¢ . e 0.101 0.161
Frontal area « « ¢« ¢ ¢« o ¢« ¢ o o 0.139 0.173
Moment reference (on body center .
line)
Longitudinal location :
Aft of leeding edge of € . . 0.25¢
Aft of nose, £t . ¢ ¢ « o« o+ - 2,618
e corr sy o mraaiprt avwe A AT T AT LS dea) 3Ti o= gd Biagl
Cimee w1 EFT a2 T AT g e i gt @ ik ot b oall thaen Lmeds e emllhoLomat oo et .
ot rbgd Ead e 3T ST ome om0 X, R R L ~ i 5
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direction
Horizontal reference

Azimuth reference

z

Figure 1.- The body system of axes. Arrows indicate positive directions
of moments, forces, and angles, Thls system of axes 1s defined as an
orthogonal system having the origin at the moment reference point and
in which the =x axis is parsllel to the longitudinsel axis of the
body, the z axis 1s in the plane of symmetry and perpendicular %o
the x eaxis, and the y axis is perpendicular to the plane of symnetry.

Y
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Figure 2,- Sketch of the alrplane model showing some of the importent dlmensions.
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.. 23162
(a) Front-quarter view.

(b) Rear-quarter view. A-22163

Figure 3.- Photographs of the model in the 8- by T-foot test section of
the Ames unitary plan wind tunnel.
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Figure 4.- The variation of the static longltudinal stability derivative with sngle of attack for
the basic configuration.
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Figure 5.~ The varlation of the damping

in plitch derivative with angle of attack for the basilc
configuration.
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Figure 6.~ The variation with Mach number of the static and dynamic
longitudinal stgbllity derivatives at two angles of attack for the
basic configuration.
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Figure 7.~ The vaerlstion of the static directlonal stability derivative with angle of attack for
the basic configuration and the configuration with the verticasl tall removed; 8y = ~5°,
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Figure 9.- The variation with Mach nuiiber of the static directional
stabllity derivative, Cnﬁ s and the effective dlhedral derivative,

Ci1,» for the basic configurstion and the configuration with the
vertical teil removed at angles of attack of 0° and 10°; &g = -5°
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Figure 1l.- The variastion of the rolling moment due to yawing derlvative with angle of a.tt&ck for

the baslc conflguration and the conflguration with the vertical tall removed; dp = -5
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Basic configuration

-8
tVertical tail off

A= 2.5 30 3.5
: . M

Figure 12.- The varistion with Mach number of the damping in yaw deriva-
tive and the rolling moment due to yawing derivative for the basilc
configuration and the configuration with the vertical tall removed;

og = -5°.
L
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' Figure 13.- The variation of the damping in roll derivative with angle of attack for the basle

configuration and the configuration

with the vertical tall removed; &g = -5°.
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Figure 1k4,- The variation of the yawing moment due to rolling derivative with angle of attack for
the bagic configuration and the configuration with the vertical taill removed; By = -5°.
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Figure 15.- The variation with Mach number of the damping in roll derive-

tive and the yawing moment due to rolling deriveative for the basic
configu.ga;tion and the configuration with the vertical tail removed;

o = -5°.
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